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NATIONAL AERONAUTICS AND SPACE ADMINISTRATION

MEMORANDUM 5-1-59H

FLOW CHARACTERISTICS ABOUT TWO THIN WINGS OF LOW ASPECT
RATIO DETERMINED FROM SURFACE PRESSURE
MEASUREMENTS OBTAINED IN FLIGHT AT
MACH NUMBERS FROM 0.73 TO 1.90

By Norman V. Taillon
SUMMARY

Surface pressure measurements were obtained at three chordwise
stations on the wings of the X-3 and X-1E airplanes at Mach numbers
from 0.73 to 1.13 for the X-3, and from 0.82 to 1.90 for the X-1E.

Leading-edge separation is present on the X-3 wing at a Mach number
of about 0.73% and an angle of attack of about 6°. However, when the
Mach number is increased to 0.88, the trailing-edge separation dominates
the pressure distribution and no leading-edge separation 1s visible
although it is anticipated at the higher angles of attack shown. Con-
versely, the X-1E wing shows no indication of leading-edge separation
within the scope of this investigation, but an overexpansion immediately
behind the leading edge is present at a Mach number of approximately 0.82.

Two separate normal shocks are present on the X-3 wing at a Mach
number of about 0.88 and at a low angle of attack as an effect of wing
geometry. These shocks merge to form a single shock when the angle of
attack is increased to about 6°.

At supersonic speeds the upper-surface expansion on the X-1E wing
is limited by the approach of the pressure coefficients to the pressure
coefficient for a vacuum.



INTRODUCTION

Pressure surveys were conducted over the upper and lower surfaces
of the X-3 and X-1E wings during flight tests performed at the NASA High-
Speed Flight Station at Edwards, Calif. These data are employed in this
paper to form the basis for analysis of the flow about the wings of the
two airplanes as affected by Mach number and angle of attack, and analy-
sis of the effect of the flow behavior on the section normal-force and
moment coefficients. Measurements were obtained at root, midsemispan,
and tip stations at Mach numbers from about 0.73 to 1.13 for the X-3,
and from about 0.82 to 1.90 for the X-1E.

Wing pressure measurements and load distributions were previously
reported separately for the two airplanes. Preliminary surface pressure
distributions at a midsemispan station on the X-3 wing were reported in
reference 1, resultant load distributions from five chordwise stations
and a Mach number-angle-of-attack boundary for leading-edge separation
in reference 2, and the effect of deflectiag the leading-edge flap on
the wing loads in reference 3. Reference + is representative of wind-
tunnel investigations treating the subject of leading-edge separation.
Chordwise and spanwise loadings of the X-13 wing were compared with
theory at subsonic, sonic, and supersonic speeds in reference 5.

All pressure distributions obtained ia the investigation from which
the data herein were selected are availablz in tabular form from the
NASA.

SYMBOLS

c local wing chord, ft

cmcjh section pitching-moment coefficient about the local quarter

1
chord, f ACP(O.25 - %)a X
0

1
section normal-force coefficient, Jf AC a z
0

n
Cp pressure coefficient, P " %o

P = Py
ACP differential pressure coefficient, T



Cpcr critical pressure coefficient (local Mach number equals 1.0)
Cp ultimate pressure coefficient, - =
ult 0.TM?
M free-stream Mach number
ho) local static pressure, lb/sq ft
P, local static pressure on lower wing surface, Ib/sq ft
Py free-stream static pressure, lb/sq ft
Py local static pressure on upper wing surface, lb/sq ft
q free-stream dynamic pressure, lb/sq ft
X chordwise distance rearward of leading edge, ft
lod wing angle of attack, deg

DESCRIPTION OF AIRPLANES AND WINGS

Photographs of the X-3 and X-1lE airplanes are shown in figures 1
and 2, respectively. Three-view drawings presenting the overall dimen-
sions are shown in figures 3 and 4, and drawings of the wings, showing
the locations of the orifice rows, in figures 5 and 6. The geometric
characteristics of the wings of the two airplanes are given in table I.
Wing section ordinates are shown in tables II and III.

The X-3 wing is a 4.5-percent-thick airfoil with a hexagonal cross
section modified at the 30- and 7O-percent-chord vertices by 188-inch
radii. ©Small radii are also used to round off the leading and trailing
edges as shown in table II. The wing has an aspect ratio of 3.09, a
taper ratio of 0.39, and zero incidence, dihedral, and twilst.

The X-1E wing employs the NACA 64A-OOk airfoil section, with the
portion of the wing rearward of the TO-percent-chord line modified so
that the trailing edge has a thickness equal to 0.0036c. The wing has
an aspect ratio of 4.0, a taper ratio of 0.50, and incidence of 20,
Dihedral and twist are zero.

Orifice rows are located at 30.1, 62.4, and 91.1 percent of the
11.344-foot left wing of the X-3, and at 23.4, 57.0, and 92.9 percent



of the 11.395-foot left wing of the X-1E. Chordwise locations of the
orifices are presented in tables IV and V.

INSTRUMENTATION AND A CCURACY

Standard NASA film-recording instrumeats were employed to record
wing static pressures, Mach number, and anzle of attack. Individual
pressure measurements were obtailned from statlc-pressure orifices
installed flush with the wing skin and conzected by tubing to NASA
recording mechanical mancmeters. All recording instruments were syn-
chronized by a common timer. Lag was negligible for the data presented
herein.

Probable accuracies determined for th= data of this paper are:

. - O 01 &
Cp = v s e e e e e e e +0.02
T T T T e T O e
B +0.
Cmc/u 0.01
o A 1=~ S T T T T 1
TESTS

The data for this investigation were obtained during wind-up turns
at Mach numbers from about 0.72 to about 1.90 at altitudes between 30,000
and 70,000 feet. Rolling and pitching velocities and accelerations were
monitored as a check to insure that near-steady-state conditions pre-
vailed. All data were obtained with the eilrplanes in the clean
configuration.

DISCUSSION

X-3 Pressure Distritution

Surface pressure measurements from tle X-3 wing are shown in fig-
ure 7. These data provide the basic information from which the flow
characteristics are inferred. At a Mach rumber of 0.73 (fig. 7(a)) and
angle of attack of about 30, the X-3 prescure distribution shows a mod-
erate leading-edge negative-pressure peak. This peak continues to
expand as angle of attack increases; however, at a = 6.2° the



termination of expansion at the midsemispan station suggests the presence
of leading-edge separation. Reference 6 points out that a region of
essentially constant pressure immediately behind the leading edge 1is
indicative of leading-edge separation associated with a stall of the
thin-wing type, and reference 7, which presents tuft studies of an

X-3 model, shows that leading-edge separation may be expected at an
angle of attack of about 4° at Mach numbers below 0.80. A further
increase in angle of attack to 9.8O extends the separation to the other
stations. When the Mach number is increased to about 0.88, leading-
edge separation would be expected to occur at an angle of attack of
about 9C° at the tip station (ref. 2). However, at angles of attack of
8.6° and 10° (fig. 7(b)), trailing-edge separation (denoted by the fail-
ure of the pressures to fully recover at the tralling edge) dominates
the pressure distribution, and no clear evidence of leading-edge sepa-
ration is visible.

The shock system that can be Inferred from figure Y(b) is of partic-
ular interest. On the upper surface at o = 2.4° <the flow expands
over the front vertex (30-percent chord) attains a partlal pressure
recovery through a shock behind the vertex, then undergoes a second
expansion over the rear vertex (70-percent chord) also followed by a
shock and pressure recovery. A shock 1s also present at the lower-
surface rear vertex. At an angle of attack of about 6° the upper-
surface shocks consolidate to form a single strong shock at about
50-percent chord, while the lower-surface shocks retain about the same
structure as shown for the lower angle of attack. The strong upper-
surface shock, ldentified by the abrupt pressure recovery, is situated
at about 60-percent chord at an angle of attack of 7.10. As the angle
of attack increases to 8.6°, the shock is, in general, made indistinct
by the previously mentioned flow separation. On the lower surface the
flow expansion and assoclated shock has moved to the rear of the vertex,
except at the root station which is suberitical. Other than more exten-
sive separation at the tip, no appreclable change is noted with the
increase of a to 10°.

At a Mach number of 0.99 (fig. 7(c)) the pressures on the upper
surface of the wing at a = 3.0° are marked by an area lmmediately
rearward of the leading edge where the expanded flow is terminated
through a sharp pressure recovery. This is followed by an accelerating
supersonic flow over the remainder of the surface. The lower surface
shows & more linear acceleration of the flow from positive pressure at
the leading edge to a negatlve-pressure supersonic expansion over most
of the alrfoil surface. At the higher angles of attack the pressure
distributions approach the rectangular shape associated with supersonic
flow. This Mach number is well above that for which leading-edge sepa-
ration may be expected.



Little change in the pressure distritutions, and therefore in the
flow characteristics, is noted for the X-? as Mach number is increased
to about 1.13 (fig. 7(d)). Again, at an engle of attack of 3.0° =a pres-
sure recovery and subsequent expansion 1s evident behind a small leading-
edge peak. Increases in angle of attack to a maximum of 16.9° result in
a relevant expansion of the pressure distributions without the deleterious
effects experienced in the transonic range. Fuselage interference results
in somewhat lower negative-pressure coefficients on the upper-surface
root station than at the other stations.

X-1E Pressure Distribution

The X-1E wing at a Mach number of 0.£2 (fig. 8(a)) shows evidence
of overexpansion on the forward part of the upper surface, probably as
an effect of the rather sharp leading edge. This results in the forma-
tion of a modest negative-pressure peak, followed in turn by a partial
pressure recovery and a secondary expansion. The overexpansion 1s par-
ticularly evident at the root station and is present at all angles of
attack for Mach numbers of 0.88 and 0.90 (figs. 8(b) and 8(c)) as well
as for the lower speed previously mentioned. No indication of leading-
edge separation 1s noted for the X-1E wing within the scope of this
investigation, although reference 4 suggests that leading-edge separa-
tion might be expected at about the maximum angle of attack recorded at
a Mach number of 0.82 (fig. 8(a)).

The shock position on the X-1E wing at low lift may be observed
from the pressure distributions for an angle of attack of about 4° in
figures 8(a) to 8(c). The shock is at about 30-percent chord at
M =~ 0.82, moving rearward to sbout 55-percsent chord at M =~ 0.88, and
to about 65-percent chord at M = 0.90. Flow separation obscures the
shock position at higher angles of attack and 1s responsible for the
failure of the surface pressures to recover at the trailing edge.

At a Mach number of about 1.25 (fig. 3(d)) the shock is located at
the trailing edge and supersonic flow exists over both surfaces of the
wing. It will be noted that the upper-surface expansion is limited by
the approach of the pressure coefficlents to those for a vacuum, thus
tending to promote an equal distribution of pressure along the wing
chord. (The ultimate pressure coefficient Cpult indicated on the

root stations in the figures also applies to the midsemispan and tip
stations, but is omitted from the latter t+o in the interest of clarity.)
The upper-surface pressures become more highly restricted as Mach number
increases, as shown in figures 8(e) and 8(f). At M = 1.77 and

o = 6.3° (fig. 8(e)) a positive pressure is evident on the upper-
surface leading edge at the midsemispan anl tip stations. This pressure
diminishes with increasing angle of attack, but does not become negative



at all stations until an angle of attack of about 11° has been attained.
At M=~ 1.90 (fig. 8(f)) the upper-surface leading-edge pressure does
not become negative at all stations below an angle of attack of about
1%3.5°, The foregoing is attributed to the reduction in aerodynamic angle
of attack caused by a reduction in upwash associated with symmetrical
airfolls at supercritical Mach numbers. The reduced pressure coefficient
of the lower surface at about T5-percent chord of the midsemispan station,
visible in figures 8(d) to 8(f), 1s believed to be caused by disturbed
flow about the flap-hinge brackets.

Effect of Flow Behavior on the Section
Normal-Force Coefficlents

Section normal-force curves are presented in figures 9 and 10 for
the X-3 and X-1E, respectively. At subsonic speeds (M = 0.73 to 0.90)
the root and midsemispan stations of the two wings attain maximum sec-
tion normal-force coefficients of about 0.7 to 0.8, with the tip stations
reaching a somewhat lower level. The maximum section normal-force
coefficients are limited by upper-surface-flow separation at subsonic
speeds of both airplanes as discussed previously and illustrated in
figures 7 and 8. For the X-3 the separation starts at the leading edge
at M=~ 0.73, while at M = 0.88 the separation is shock-induced and
occurs first over the rear portion of the wing. For the X-1lE the sepa-
ration is shock-induced at all subsonic speeds, although leading-edge
separation could be expected at lower Mach numbers than reported in
this paper.

At Mach numbers of 0.99 and greater the local flow over both wings
is mostly supersonic. A reduction in the slope of the curves will be
noted as Mach number increases; however, a higher overall ¢, 1is

recorded for both airplanes. Although there is evidence of tralling-
edge separation on the X-3 wing, the effect on the 1lift 1s minor except
at the higher angles of attack.

Effect of Flow Behavior on the Section
Pitching-Moment Coefficlents

The variation of section pitching-moment coefficient with angle of
attack, figures 1l and 12, respectively, 1s generally unstable at sub-
sonic speeds and low-to-moderate angles of attack for both airplanes.
This 1s the result of high 1ift concentrated at the leading edge of the
X-3 wing at a Mach number of 0.73, and of normal shocks which further
reduce the 1ift over the rear portion of both airfoils at Mach numbers
between 0.80 and 1.00. At the higher angles of attack greater 1ift is



present on the rear part of the airfoils at an effect of trailing-edge-
flow separation, and the more uniform chordwise pressure distribution
promotes the stable trend.

At supersonic speeds the wings become stable as the shock moves
rearward and the leading-edge-suction peak diminishes. An exception
to the stable trend may be noted for the X-3 at a Mach number of about
1.1% and high angle of attack (fig. 11). Reference to figure T7(d) shows
that trailing-edge separation at the midsemispan station progresses for-
ward from near the trailing edge at o = 12,39 g about the midchord
position at « = 16.9°. The root station also shows evidence of trailing-
edge separation at the latter angle of attick. The sectlon normal-force
coefficients (fig. 9) indicate an incipienz stall beginning at an angle
of attack of about 16° at M = 1.13, which accounts for the previously
mentioned unstable trend for the X-3.

CONCLUSIONS

Analysis of in-flight surface pressur: measurements taken over the
left wings of the X-3 and X-1E airplanes at Mach numbers ranging from
0.73 to 1.90 indicates that:

1. Leading-edge separation is present on the X-3 wing at a Mach
number of about 0.73% and an angle of attack of about 60; however, when
the Mach number is increased to 0.88, trailing-edge separation dominates
the pressure distribution and no leading-edge separation is visible
although it is anticipated at the higher sngles of attack.

2. The X-1E wing shows evidence of overexpansion at the lowest Mach
number tested (0.82), but does not exhibit leading-edge separation within
the scope of thls investigation.

3. Two distinct normal shocks are attached to the vertices of the
X-3 wing at a Mach number of approximately 0.88 and at a low angle of
attack as an effect of wing geometry. These shocks merge to form a
single shock located between the vertices when the angle of attack is
increased to about 6°.

L. At supersonic Mach numbers the marimum pressure coefficients
attainable on the upper surface of the two wings are restricted by their
approach to the pressure coefficlent for & vacuunm.

High-Speed Flight Station,
National Aeronasutics and Space Administration,
Edwards, Calif., February 12, 1959.
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TABLE I.- WING GEOMETRY OF THE X-3 AND X-1E AIRPLANES

Airfoil section .

Thickness ratio, percent
local wing chord

Total area, sq ft

Span, ft

Mean aerodynamic chord ft

Root chord, ft

Tip chord, ft

Taper ratio .

Aspect ratio .
Leading-edge sweep, deg .
Trailing-edge sweep, deg
Incidence, deg .
Dihedral, deg .

Geometric twist, deg

X-3
Modified hexagon

4.5
166.5
22.69

7.84
120.58
4.17
2.39
3.09
23.16
-8.12
0

0

0

X-1F
NACA 64A-004 modified

4.0
130.0
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TABLE II.- STATIONS AND ORDINATES OF THE MODIFIED HEXAGONAL AIRFOIL

SECTION IN PERCENT OF LOCAL CHORD FOR THE X-3

Root Midsemi span Tip

Station Ordinate Station Ordinate Station Ordinate

0 +0.002 0 +0.003 0 +0.004

.028 +.032 .037 .ok2 .052 +.059
22.3%82 +1.709 19.948 +1.53%6 15.998 +1.255
25.990 +1.946 2k, 709 +1.848 22.643 +1.691
29.604 +2.115 29 477 +2.072 29.300 +2.002
33,219 +2.216 zh 248 +2.206 35.960 +2.189
36.8%6 +2,250 39.023 +2.250 L2.625 +2.251
63 .602 +2.250 61.558 +2.250 58.264 +2.,251
67 .000 +2.218 66.043 +2.208 64 .524 +2.192
70.397 +2,123 70.526 +2.082 70.782 +2.016
73.791 +1.964 75.005 +1.872 77.035 +1.725
77.183 +1.741 79.480 +1.579 83.282 +1.314

99.972 +.032 99.962 +.042 99.998 +.059
100.000 +.002 100.000 +.003 100.000 +.004
e A _ N

188" Radius (typical)
Profile of the X-3 wing

Actual L.E.

or T.E. 0.031" Radius

Theoretical

L.E. or T.E. - .
e m T T Chord
== - L)

line

DIMENSIONS OF L.E. AND T.E.
(Same at all stations)



TABLE III.- STATIONS AND ORDINATES OF THE NACA 64A-004 AIRFOIL

SECTION IN PERCENT OF LOCAL CHORD FOR THE X-1E

Station, percent local chord Ordinate, percent local chord

0 0
.50 +.323
15 *.390
1.25 +.493%
2.50 +.678
5.0 +.932
7.5 +1.122
10.0 +1.278
15.0 +1.520
20.0 +1.702
25.0 +1.836
30.0 +1.929
35.0 +1.983
40.0 +1.999
45.0 +1.966
50.0 +1.889
55.0 +1.776
60.0 +1.634
65.0 +1.469
70.0 +1.282
75.0 +1.078
80.0 +.866
85.0 +.652
90.0 +.438
95.0 +.223
100.0 +.008

Note: The portion of the wing rearward of the 7O-percent-chord line
was modified so that the trallirg edge had a thickness equal
to 0.0036¢.

Profile of the X-1lE wing
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TABLE IV.- CHORDWISE LOCATION OF ORIFICES ON THE X-3 WING

Eercent local choré]

Lower Surface

Upper Surface

Station

NN ONONOMNMNN~ANN~O 4

Nt INOND - O 5&&027
—~ N AN F\ONO - AN

59.&.103&69&057009057
U F 00O A=~ INHF DO Q A -
i EAVAVANQVE o U= STV 67&&999

Root | Midsemispan | Tip

10601996\45140010@@51
AN F NN A O\ N O N D
11223.&.5667&8999

Orifice

HMIN-ONAH NNV H NN - OV KO P .
oA AN AN NN NN

Station

U4 0O MNMAANOY ANNO o

N~ F O\ 0 NN O AN~
—A NN NSO - OO\ Oy

NONMAHDODANUN ST INAFT OO0 OO N
NS ~OM~0 o N0~ O + N\ Qb
112223\45&67&8%99

Root | Midsemispan | Tip

HOOOMNMOONSLOVOINOOANO S OV
AUN=NINO NN O\t N O N
e ISV IRAUN AV o U ST ANeANe] 7%8999

Orifice

Q \O © QY OO O N F\0W
= mlmllzendenc
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TABLE V.- CHORDWISE LOCATION OF ORIFICES ON THE X-1E WING

E’er cent local chord]

Lower Surface

Upper Surface

Station

36111200017352\u..
OANINO OO OO QO INNNMNY O\ b=
A MM NOND -0 0 N

NnNONNAAO0OINF+FONNAHF+NO

OANNNOOOOONONO I~ O\ O b
— NN NS00 NN

Root | Midsemispan | Tip

N FTOO0O0O0OOMNMNHONOOONANO

O AN INOCOOAONANANNMEOO AN
A AN 4 DD 00 NN

Orifice

HMON-OA AN A NN H NN AH
e R RS RN AL AL R R

Station

MNAONAHOA0O0O0ODN—AHAMH
N+ ONO O OO QNN QNI
AN N0 =00 NN

N VOO0 OO0OVOO0OAAA4+OH

A AN FT OO0 O0OONANINO - N NN\ -
H AN T INO DO

Root | Midsemispan | Tip

N T NRNOO0OO0OOMAOOOOONND

----------------

— QA QOO A ONONINO OO AU
|4125\4\4 IN\O t~ 00 NN

Orifice

AN OOV O NUWO VDO AUVD O
[ s Bian ISV AVINQUANGVER o ol W o W=
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Figure 4.- Three-view drawing of the X-1E airplane. All dimensions in
inches.
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Figure 5.- Left wing of the X-3 airplane showing location of orifice
TOWS .
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Figure 6.- Left wing of the X-1E airplane showing location of orifice

rows.
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Figure 7.- Wing plan views showing the effect of increasing angle of
attack on the pressure distribution; X-3.
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Figure 7.~ Continued.
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Upper surface r
Lower surface

(d) M= 1.13.

Figure T.- Concluced.
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(a) M=~0.82; Cp =~ -0.370.
cr

Figure 8.- Wing plan view showing the effect of increasing angle of
attack on the pressure distribution; X-1E.
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Figure 8.- Continued.



28

Upper & irface
....... Lower s urface

cpu it

C
Puit

x/c k.8

M= 1.26
x = 13.6° “|.2

() M=1.25.

Figure 8.- Continued.



cpult

Upper surface

------- Lower surface

Couit

Couie N\ / V \\:--\\‘ \h -.8

VMDD O S DN O
o
he)
1
o

(e) M= 1.70.

Figure 8.- Continued.



30

.6
.2
.8
\/pult CPUIL : 4
Cp Y
.4
.8
- 1.2
Upper surface
” ------- Lower sirface F
| L
~
NAES
[}
L [‘ -1, [’ - I
SN - -
\\\
~ \‘ - c h B
‘qu - L'p.;lt

II[
[}
N o PO pON O

r

M ® MO D DN O

(f) M =1.90.

Figure 8.- Concluced.



31

*¢=x¥ fsxsqumu yowy TBJID
~A38 1B ¥OBIYE JO 9TFUB ourTdIT® Y3TM QUSTOTJIS00 30J0J-TEWLIOU UOT105S JO UOTYBIIEBA -6 oIndTJ

*UCT1®1S 100}y Amv

bap * o
A Q2 91 2t 8 174 0] 0 0
T T
v 5y
v < o o
v S 5
v o : ©
i/ > G
v & ,.
s o
v
v o a o
v z : ©
- ‘ o o
&
v o =
O o 5
v & o o)
- o al @OQ

£1°1 v | &

660 o v

880 O

£L°0 TN QO

v
v

2l

Uy



32

*ponuTAUO) -6 2anITJg

‘uotqaels usds TWOSPTR (a)

bap ‘o
v Q2 9| 2l 8 v 0
v
\%
0
v o o}
7 >
9 %
f<‘. ﬂ-\
- O
102
Y
02
v o
v O =
o t ﬂﬂmmwu
€11 v/ v MW
£E0 o V2
88°0 0 |
CLPOR WO v ©
A%
q '
. A\
<7
VAR



33

‘papnIouo) -*6 SJanITd

‘uotyeis dIL (°)

bap ‘o
te o< 9l 2l 8 v - 0 o -
v g
v O
A/
v O% .
v & o
8 Q
v © d o
a
v o)
0]
Vi
O ol BGQ.UI."QU
AV AWO
iy |
y &
O
v
€T T v v
6670 O
g0 8] .
Loz WO
v
o
|

Uy



3k

*IT-X fsJIaqumu YOER TBJIO
=ASS 3® }OBIY}R JO oTFUB SuBTdIATE® YITM JUSTOTJIO0O 30JI0J~TBULIOU UOT1O8S JO UOTQBRIIBA -'OT omMITd

*UOT3B}S 300Y Amv.

. bap ‘o
91 el 8 t 0 0 0 0 ) 0
>
2
A
B
| A _ o
b A © v
10/
Al v B O
A v o o
B A —0 0 9
AV
AV O O OO CO
A - Ole0 0o ©
7 =k 5
v 06° 1 >
AV aL:
. e o
7 ¢z 1 v
v 0670 o
v 880 w)
v 220X W O
. i Z|



35

‘psnuUTUO) -°*QT SM3T4

‘uoTqels urdsTWLSPIN (q)

bap ‘o
9| 21 8 % o) 0 0 0
B
- N
g
A ] .O
&
v
o
DNV v
o O ©
v 5 63 o el . oG
G “
v
06'1 D>
v oL'T A
Ge' 1 v
o 4 06°0 Lo
88°0 a
cg'o O




36

91

2l

*PepNTOUC) ~*QT aInITg

6ap ‘o

0

‘uoTaesds dil (°)

OP

D

q

4

2l



37

|
10 OO OOO
Ck)QD
ajRals

I R Bk e h= O M=% 0.73
a 0.88
<o 0.99
A 1.13

c
me/4 O
%%%0
P,
<
O QQA;
Ay&kzx
: AA
A
- 157%ﬁ
A A
A-_A A—A
-.2
0 4 8 |2 |6 20
a, deg

(a) Root station.

Figure 11.- Variation of section pitching-moment coefficient with air-
plane angle of attack at several Mach numbers; X-3.
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Figure 1l1.- Continued.
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Figure 1l.- Concluded.
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(a) Root station.

Figure 12.- Variation of section pitching-moment coefficient with air-
plane angle of attack at several Mach numbers; X-1E.
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Figure 12.- Continued.
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